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Abstrac This paper presents a technology development
initiative focused on delivering SmallSats to orbita variety of
bodiesusing aerocapture. Aerocapture uses the drag of a single
pass through the atmosphee to capture into orbit instead of
relying on large quantities of rocket fuel. Using drag modulation
flight control, an aerocapture vehicle adjusts its drag area
during atmospheric flight through a single-stage jettison of a
drag skirt, allowing it to tar get a particular science orbit in the
presence ofatmosphericuncertainties. A team from JPL,NASA
Ames, and CU Balder has worked to addressthe key
challenges and determine the feasibility of an aerocapture
system for SmallSatdess than 180kg. Key challenges include the
ability to accurately target an orbit, stability through
atmospheric flight and the jettison event, and aerothermal
stresses due to high heat rates.

Aerocapture is a compelling technology for orbital missionsd
Venus, Mars, Earth, Titan, Uranus, and Neptune, where
eliminating the propellant for an orbit insertion burn can result

in significantly more delivered payload mass. For this study,
Venus was selected due to recent NASA interest in Venus
SmallSat sciencenissions, as well as the prevalence of delivery
options due to co-manifesting with potentially many larger
missions using Venus for graity assist flybys. In addition,
performing aerocapture at Venus would demonstrate the
technol ogyds
potential deployment conditionswas performed that confirmed
that the aerocapure SmallSat could be hosted byeither
dedicated Venusbound missions or missions performing a

flyby.

There are multiple options for the drag skirt, including a rigid
heat shield or a deployable system to decrease volume. For this
study, a rigid system was selected to minimize complexity. A

representative SmallSat was designed to allocate the mass and 10. CONCLUSIONS

volume for the hardware needed for a planetary sciece mission.
In addition, a separation systemwas designed to ensure elean
separation of the drag skirt from the flight system without
imparting tipoff forces. The total spacecraft mass is estimated to
be 68 kg, with 26 kg of useful massdelivered to orhit for
instruments and supporting subsystems. This is up to 85% more
useful mass when compared to a propulsive orbit insertion,
depending on the orbit altitude.

Key to analyzing the feasibility of aerocapture is the analysis of
the atmospheric trajectory, which was performed with 3 degree
of-freedom simulations and Monte Carlo analyses to
characterize the orbit targeting accuracy In addition,
aerothermal sizing was performed to assess thermal protection
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system requirements, which concluded that mature TPS
materials are adequate for this mission. CFD simulations were
used to assess the risk of recontably the drag skirt during the
jettison event

This study has concluded that aerocapture for SmallSatsould
be a viable way to increase the delivered mass ¥enus and can
also be used at other destinationsWith increasing interest in
SmallSats and the challenges associated with performing orbit
insertion burns on small platforms, this technology ould enable
a new paradigm of planetary science missions.
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1.INTRODUCTION

Aerocapture has long been cmlesed a compelling
technology that could significantly enharsmence return or
reduce costs foorbital missions to Mars, Venus, Titan,
Uranus, and Nepturi&][2][3][4] . Aerocapture uses the drag
from a single hyperbolic atmosphef@ssto provide the



deltaV needed for orbit insertiofOl), rather than a large 1. Vehicle stability throughout atmospheric flight,

burn of a rocket engineStudies suggest that, compared to and the effects of tipoff and/or pential
propulsive Ol, aerocaptureu s i n g Atraditi onal Orecdathce h&Wedn' Yhe two bodies teaf
spacecrafican increase delivered payloathssby 15% at separation

Mars, 70% at Venus, me than 200% at Tain and Uranus, 2. Guidance and contrarchitecture for targeting a
and an estimate8i00%or moreat Neptung?2]. Aerocapture precise science orbit despite navigational and
is particularly welsuited for SmallSat Qldue to the atmospheric uncertainties

difficulty of designing and integrating a propulsion system to 3. Aerothermal stresses on thehicle due to high

perform hundreds to thousands of meters peosd delta/
on a small platformOther proposed orbit insertion methods

potentaly cffeul 1o mplemenand can resultn fong aruse | O1der to address theseykehallenges and darmine the
b Y P 9 f%asibility of this aerocapture system for useSmallSat

heat rates

times to the destination, which can stress SmallSat hardwar netarv missions. a mulbiraanizational team wasrmed
cgoabilities. Aerocapture presents potentially fastand fpa € I)I/b ¢ ' ¢ th Jgt wsion Laborat IPL
efficient way for small platforms to enter orhitround [ToM collaborators at the Jet Prdsion Laboratory (JPL),

planetary bodiesand accomplish meaningful science AMes Research Center (ARC), and the University of
objectives Colorado at Boulder (CU Bouldergpanning various areas

of expertise, this team brings a wealth of experience to
In order to target a specific science orbit and account for dayddress the key challengafsdrag modulation aerocapture.
of-flight uncertanties in the atmosphere, a control system is
neededMany aerocapture studies to date have focused on
bankangle lift modulation, which requires complex control 2. DrRAG MODULATION AEROCAPTURE
algorithms and an integral propuls_ive _reaqtion c_ontrol TRADE SPACE
system. The aerocapture techrplalescibed in this papes
drag modulation aerocapture, which shows promise of bein§he aerocapture ameuverconcept of operations is made up
simpler and more costffective than baniangle lift methods Of three main phasexoatmospheric coast, atmospheric
[5]. Drag modulation aerocapture uses -flight deceleration, and orbit operations. There are a number of
transformations of an ent r yiffejeatgasigncloges forgench phasg, which regulpin readyn ¢ r
amaunt of deceleration produced during an atmospheric past/pes of mission architectures.

The simplest form of drag modulation aerocapture is th&xo-atmospheric Coast
singlestage discretevent architecture, which is depicted in

Figure 1. One possible way to execute the shstage Before the aerocapture maneuver begins, the spacecraft must

discreteevent maneuves to enter the atmosphere in a low havigate to or be brog_ght o thg vicinitythe planetary body
ballistic coefficient configuration, with a large drag skirt 2nd then target specific entry flight path angleFPA)and

deployed, and then to transition to high ballistic coefficien€try velocity at the g?mosphe.ric interfadde three main
by jettisming or folding the drag skirSuch a singlstage ~ delivery options identified were:

discreteevent architecture waseguiously studied within the 1. Directinjection of SmallSat from Earth
context of an Earth SmallSat Flight Test of Aerocapféte 2. Delivery of SmallSat by host targetitige body
Additional information on the fundamentalef drag 3. Delivery of SmallSat by hostying by the body

modulation aerocapture can toeindin Reference 5.
Option 1 provides the most flexibility for the mission,

Atmospheric

Flight _ Atm::g:eﬂc especially if the vehicle can pgrform the Earth escape burn
brag Skirt S from a location such as geostationary transfer orbit (GTO), as
Separation /{/’A—i there are many launches to GTO that can carry a Sma#iSat a

A a secondary payload.he vehicle could also potentially be
Atmospheric v launched as a secondary payload with a primary mission that

Exit is going to the target body, but then released after the
o injection burn, similar to the MarC€pacecraftthat traveled
f,« P with thelnSight Mars landeMVhile options 2 and 3 may have
more limited launch opportunities, they come with the benefit
Figure 1. Singleevent drag modulation aerocapture isa  that the aerocapture vehicle does not need to be designed to
potentially costeffective and maseefficient approachto  perform its own interplanetary cruise, as the host could
achieve orbit insertion with a small satellite provide power and commigations prior to deployment,

) _ . similar to the Huygens prohthat traveledwith Cassini to
The key challenges associated with drag modulatmq-itan[?]_

aerocapture for Small Satellites, whiglre the focus of ik
study are:

s



Atmospheric Deceleration i Strong potential for SmallSat scientific

Once the vehicle enters the atmosphere, it begins a period of investigations, as seen by the compelling science

deceleration due to the drag force imparted on it. Throughout
the aerocapture maneuver, the spacecraft travels
hypersonically and experiencashigh heating environment

that requires that the exterior surface be covered in an
ablative thermal protection systefiPS) material During

the maneuver, the drag skirt is jetti®dto provide control Il
so that the vehicle can target tHesiredscience orbitThe

drag skirt is the largest component of the flight system and
there are a number of potential types and configurations.

Science Deep Space SmallSats progibzh

A wide variety of mission concepts frequently plan
to perform gravity assists at Venus, and could
deliverasmdlsaté | i t e to Venus?é
Implementation at Venus would demonstrate this
technologyés robustness
Venus has a large gravity well and high heat rates.
The approach and methodology developed can be
later applied to other destinatis such as Mars,
Titan, Uranus, and Neptune

Transit times to Venus are comfortably within the
lifetime capability of small satellite hardware

The simplestype of drag skirts a rigidstructure, similar to
previously flown heatshields for missions like Pioneer Venus
and the Mars Science Laboratory (MSB)rigid drag skirt

could utilize previously flom TPS materials such as , i
Phenolic Impregnated Carbon Abla®iCA). For the interplanetary cruise, the goncwpyld see](a host
spacecraft, such as a New Frontiers misstorbring the

Thereis also he option of a deployable drag skirt, suchres t 2€rocapture vehicle to the vicinity of Venus before the
Adaptable, Deployable Entry and Placement Technolog)\/eh'de is jetisoned to enter the atmosphe_relsTmethoq _of
(ADEPT). ADEPT employsan umbellalike deployable dell_very_vx_/gs selected to keep complexity at a minimum
structure with afi s k thati®a 3D woven carborabric to ~ 9uring initial technology development efforts, but an
serve as a TP@nd as a structural suck that transfers investigation into howhe spacecraft could navigate itself to
aerodynamic deceleratioortes to the underlying rig][9]. ~ YENUS is a topic of ongoing study.

The ADEPT drag skirt is made up of thyg@émary structural

elementsthecarbon fabric skittribs, and strutsSThe ADEPT The flight systemwould be made up of two main

structure is folded during launch and then dgpt prior to components: the spacecraft an(_j the drag,skhich can be
atmospheric entry, whicltould enablethe entire flight seen in Flgure_ 2The spacecraftis the part of the system that
. . remainsin orbit after the aerocapture maneuver to perform
system to be packaged into a smaller volume to make it €asifly science mission. It contains all of the avionics,
to launch as a secondary payload. instruments, and othespacecraftomponentsFor the drag
skirt, a rigid design waassumed aseferencein an effort to
minimize complexity, but aopic of onging study is to
The final stage of the aerocaptumaneuver occurs after the consider how aADEPT deployable systermould be used to
vehicle has exited the atmosphere. $pacecraftvouldnow  decrease the stowed volume of the flight systenfacititate
be in an elliptical orbit with the apoapsis at some altitudea greater number afecondary launcbpportunities A 45-
away from the planet and the periapsis at an altitude close @¢gree sphereone geometry was selected basethentage
the lowest altitude seen during the atmosjgheass For this ~ from Pioneer Venus(P-V) and a readily available
reason, if the vehicle is left in this orbit, it will reencounteraerodynamic database thahde used in-®OF simulations.
the atmosphere at the next pass through periapsis, which R=0.1m
could result in a loss of mission. The vehicle must therefore no
perform a small periapsis raise maneuver (PRM) ahpgio
to bring periapsis to an altitude that is out of étrosphere
The deltaV required for this maneuver depends on the target
apoapsis altituden/s. Thisunhaneuver gener al |
can be performed with a small chemical propulsion system Ty
similar to those that havbeen flown or proposed for other
SmallSat missions such as MarQ@iD] or Lunar Flashlight
[11]. —

Orbit Operations

0.4m
1.5m

3. REFERENCE M 1SSION CONCEPT

This study could not address all of the potential mission N

architectures for a Smalng’_t performiagrocapture, so a Figure 2. Aerocapture flight system with the spacecraft
referenceconcept was identified/enus was selected as the (orange) and the drag skirt (green)

SmallSat destination for a number of key reasons:

Vi

t

mi ssions selected i n NASA

(o]



Together, the spacecraft and drag skirt emaku p  t- h ewoufdpper®erm a small maneuver to return to its @ebir
jettisono configuration, wlhdjecthry. iThe adVaatdge eiiist §pe Sof detaehment mo s p
and has a low ballistic coefficient to decrease velocity imarchitecture versus the first is that the deployment mechanism
order toallow the spacecraft ®nterinto orbit around Venus. can be designed to impart a much smaller velocity and the
During the aerocapture maneuver, tireing of drag skirt  aerocapture vehicle cave targeted more accurately dtet

jettisonis modulated based on sensed deceleratfonsder  gesiredEFPA leading to greater accuracy in targeting the

to target the desired orbiThe high ballisticcoefficient  gesired orbit. The disadvantage to this is that it puts stricter
spacecraft becomes the fpogghienlefs dnlttk hBsE wiich fhly! nBilhidgtd 0N - T

ratlof' of fthe db?lllstlp Coﬁff\';;en.tél btitW?_en_ the?eth tWoperform the targeting maneuvers. Both deployment methods
configurationsdetermines howflexible the timing of the | .o .0 cidered as part of this study.

jettison event can bewith a higher value corresponding to
more control authority For thereferencevehicle studied
here, this ratio is approximatelys. Theassociated mass and
ballistic coefficient values amummarized in Table 1.

In order to assess the required deployment velocity and
associated coast times for tHiest deployment casea
parametric exploration of deployment conditions (velocity
Table 1.Summary of vehicle parameters and deployment direction) was performed. This analysis used

, , a representativehost trajectory for both a Venus orbiter
Pre-Jettison | PostJettison . _ .
. mission(vp = 2.9 km/s)and a mission to the outer planets
Base Diameter (m) 15 0.4 performing a graity assist flyby(ve = 7.8 km/s) For each of
Mass (kg) 68.2 36.8 these mcoming trajectories at Venus, threarameters were
— varied to determine what combination of deployment
Drag Coefficient 101 1.02 conditions resulted in the aerocapture vehicle entering the
Ballistic Coefficient (kg/m?) 38.1 284.9 atmosphere at the required entry vefpcand EFPA

assuminga 150 km entry altitudér hese parameters were the
location along the incoming trajectomhere the vehicle was

F(_)r Fh|s aerocapturetec_hnology d(_avelopment e_ff_ort, t_he deployedcorresponding to the coast time to entry), the angle
mission concept remains agnostic to a specific science

mission, but instead allocates the resources and adheres”l%""t'vde :ﬁ the hqst dsgzlctzf[:r:a:t tthhat dthel Veh'd? WashdeQIOy
requirements to accommodate an expected CubeSat/Small St and the reqque aﬁ € deployment mechanism
scale instrumentwhich will be defined in moredetail in ~ Mustimpart on the spacecra

future studies. i . . .
Figure 3shows theeandidate deployment conditions overlaid

oncurves thatlefine the aerocapture corridas a function of
4. EXO-ATMOSPHERIC TRAJECTORIES AND EFPA and entry velocity for a numbeof ballistic

TARGETING coefficients The spacecraft ballistic coefficients listed in
Table 1 correspond approximately to the red curves on the
Deployment Conditions Analysis plot, which givean EFPAcorridor width of approximately

) _ 0.4 deg, or+/- 0.2 deg.It can be seethat the candidate
It is assumed that the spacecraft carrying the aerocaptuggngitions for each type of host (orbiter versus flyby) fall into
vehicle to Venusravelson a hyperbolic tjactory relative to specific bins based on entry velocity, but span the range of
the planetlt is important that th@erocapturezehicle enter  gppas The points are colored by deployment velocity from

the atmosphere within a specific EFPA corridor, which isiye nost. which ranges froapproximatelylL.0to 6 m/s.

defined asthe range of EFPA values that lead to aerocapture
within acceptable orbit targeting accuracy limits. =

Full scatter of Entry FPA vs. Entry Velocity (colored by deployment velocity)
——— —_—— T
1 ¥ 3= 25 kg/m”

P31 [Venwomier | !
There are two potential methods the aerocapture vehicle iy L= 4
to detach from the hostand successfully target the 7 b g I
atmosphere. The first assusitbat the host spacecraft does -5 ' :
not deviate fromits intendedtrajectory and instead the
aerocapture vehicle is detached using a Huyjkasspin

eject separation mechanism at some velocity and ang=

relative to the host spacecraft. This velocity change wouli -6s- SE B = prer— B

3= 50 kg m’

100 kg/m®
200 kg m’
300 kg m’
400 kg m’
500 kg m’ 35

ntry FPA [degrees|
n
/
o
ot

Deployment Velocity [m/s]

cause the aerocapture vehicle to move to a differer R Y S prireirmad o I g ==
hyperbolic trajectory that intersects the atmosphere at tr 7, e e = S 5 R
desired entry velocity and flig path angle. The second Entry velocity [km/s)

detachment method assumes that the host spacecraftigure 3. Potential deployment conditions overlaid on
performs a maneuver to place itself and the aerocapture the aerocapture corridor, with points colored by
vehicle on theaerocaptureentry trajectory before releasing deployment velocity from the host spacecraft
the aerocapture vehicle withm@nimal deltav. The host then

4



Figure 4shows a similar plot, but with the points now coloredpropagate over time and could causeER&®Ato move out

by coast time of the aerocapture véicThis is given in of the bounds required for the aerocapture maneuver to be
hours from when the vehicle is jettisoned from the host t@uccessful. Figure 8hows the expected EFPA uncertainty
when it enters the atmosphere of Venus. Coast times vawith the asamption that the deployment mechanism imparts

between approximateB0 and 110 hours. a 10 cm/s spherical deployment error on the spacediadt.
_ Full scatter of Entry FPA vs. Entry Velocity (colored by cruise time) EFPA uncertalnty also assumes Keplerlan dynamlcs and tha't
i ik I i Fad=rall ks dispersions in the Plane grow linearly with elapsed time

gm? || {100 from the deployment.
] l“ﬂkgm:, “)0 . .
5= 200 kgl Venus Orbiter Gravity Assist

| q:;nmgmf 80 T Flvby Mission
. 3= 400 kg/m® Mission Yoy

R ¢ . 1 3 = 500 kg/m’|

A = 8 |/ Venus Orbiter =
N L Mission
e =
5 \ 1 - I

Crusie Time [hours]

Entry FPA

e T
I . Outer Planet Gravity | & = R,
Assist Mission | % s 20
I | AsistMission [ | %
[ W S8

W
o

Estimated Delivery EFPA 30 Uncertainty (deg)

. 10 10.5 ) 11 1.5 12 125 13 135 14
Entry velocity [km/s]
Figure 4. Potential deployment conditions overlaid on
the aerocapturecorridor, with points colored by coast
time for the aerocapture vehicle

20

=
o

It is idealfor both the deployment velocity and the coast time
to be smallas a small deployment will introduce less errors
in the mechanical separation mechanism and a short coast

=
o

o

w

Duration between deployment and entry (hr)

time will minimize how long the aerocapture vehicle must ’ H:perbolicsexcess s;saeed (km-//s) °

survive on battery power, as it is assumed Huddr arrays Figure 6. Expected EFPA uncertainty for the two
will not be exposed until after the vehicle has entered drbit. candidate missions is shown with a 10m/s spherical
is also important that the chosen deployment conditions lie deployment error

close to theenter of the requireBFPAcorridor to complete

aerocapture successfully, as that will give the most resiliencyN€ results are a function of the hyperbolic excess velocity
to EFPA targeting errors.Figure 5 shows the chosen and the coast time, with the two candidate deployment
deployment conditionsof both the Venus orbiter hoahd ~ conditions called out. It can beeen that the EFPA
the gravity assist flyby host. HEse conditions had a Uuncertainty for the Venus orbiter host spacecraft 18015

deployment velocity of 3.5 m/s and 3.0 m/s with a coast tim&€g and the EFPA uncertainty for the gravity assist flyby
of 24.2 hours and 20.6 hours, respectively. mission is + 1.25 deg. These are not within the bounds of

approximately +/0.2 deg that is required for aerocaptuso

45 Entry FPA vs. Entry Velocity (with chosen trajectories)

E———— the error in the deployment mechanisvould need tobe
—B=50kem’ made less. In this case, the EFPA uncertainty scales linearly
I e with deployment error, so we can conclude that the maximum
T 3 ’ ~=73=300 kg/m’ deployment error that could be ¢ohted would be about 2.5
Ess . s = - -3 =400 kg/m?| | . . . .
5 o N, 5= 500 kghn? cm/s. In prindple, designing a mechanical separation
z = mechanism to impart B 3.5 m/s with such a small error is
B oo difficult and not a focus of this study. Therefore, we conclude
= from these results that the first optioh deploying from a
65 host that does not target the@apture vehicle may not be
the best method and instefmtused onthe second option

where the host spacecraft targets the vehicle and releases it.

7 L L 1 ) i
10 10.5 11 115 12 125 13 135

Entry velocity [km/s] A topic of ongoing study is focused on assessing how the
Figure 5. The deployment conditions were chosen to be vehicle could be designed to complete its ownrpigmetary
centered in theEFPA requirements and have a small cruise,which would eliminate the need for a host spacecraft
deployment velocity and coast time and increase the number of launch opportunities.
Targeting Accuracy Analysis Figure 7 shows the EFPA uncertainty for a representative

With deployment conditions selected, the next thing to assed$&nus probe mission assuming that the hostpacecraft

is the expected uncertainty BFPA at the atmospheric targets the aerocapturvehicle on the correct trajectory,
interface.As the vehicle will be releaseapproximately 24 releases it with a small delta(with a 2 cm/s spherical
hours before entry, any errors in the deployment willdeployment error)and themperforms a divert maneuver back

5



to the desired trajectory for that mission. The results are ancertainties in the trajectory due to oscillations in angle of
function of how early the aerocapturehicle is released attack wold average out to zero over the duration of the
before entry and also wh the host spacecrgferforms a  aerocapture pass.

final trajectory correction maneuver (in this example with a ) . .
spherical maneter execution error of 1 cm/dj.can be seen 1he atmosphere model used in the simulations was
that for coast times as long as four days the EFPA taiogr VenusGRAM [15] from Marshall Space Flight Center. The
is within the required +/0.2 deg. For this study, a specific :/enusGtRAM model prgvm!ez atmci;spherfm lt_tdanIty,
deployment time was not selected, but rather ahalysis emperature, pressure, and winds as atian of alitude,

demonstrateflexibility to the host spacecraft to deploy the latitude, longitude, and epoch. The VenusGRAM Fortran
1oty " P : ploy code interfaced directly with DSENDS such that atmospheric
aerocapture vehicle when it is most convenient aasltisky

o ; data was queried at each time step using a current trajectory
for them, as long as it is within four days of entiyr this  gia40 * This allowed the DSENDS simulation to access
example Venus flyby mission changing &mospheric conditions during aerocapture due to
variations in location over the planet, in addition to altitude

variations.
1 0.3

The Venus gravity model included the point mass gravity
term and the first two oblatenetsms, J2 and J3. A third
body perturbation effect for
included.

0.25

0.2
Numerical Predictor Corrector

The time to separate the drag skirt was computed using a
guidance system employing a numerical predictorector
(NPC) algorithm[5]. An inertial measurement unit (IMU)
model [16] provides sensed accelerations to the NPC, which
5 ” % . 5 e are then ir!tegrated with theI;DF equ_ations of motion to
Time from Final TCM 1o Entry [dey] atmos_phenc exit (150_ km altitude) using B atder Rungg
Kutta integrator. A point mass gravityoalel was used with
Figure 7. Expected EFPA uncertainty for the the integrator. The atmosphere model was a table of nominal
deploymentcasewhere the host spacecraft targets the  altitude vs density created using the DSENDS nominal
aerocapture vehicle is withinrequirement of +/- 0.2 deg  trajectory VenusGRAM output. At the time of drag skirt
separation, the drag area, mass and drag coefficient were
5 A updated wit postjettison values. Prior to separation, the
- ATMOSPHERIC MODELING AND MONTE RungeKutta integration was performed at 10 Hz, the same
CARLO SIMULATIONS rate as the DSENDS integrator, and after separation the NPC
integration rate was increased to 1 Hz. Therefore, the
accuracy at which the separatioméi could be estimated was
The simulation suite used for modeling atmosphericg less than 0.1 sec.
trajectories was the JPL Dynamics Simulator for Entry
Descent and Surface landing (DSENDS) [13]. DSENDS ha$he NPC algorithm begins its estimation of the drag skirt
been used on previous fligmissions such as MSL, Phoenix, separation time when the sensed atmospheric acceleration is
Cassini, and on previous concept studies for aerocapture albovea specified threshold value of 0.5 Ri/Starting with
Mars and Titan. DSENDS can be used for modeling both @n initial guess of the semtion time, the algorithm
degreeof-freedom (3DOF) and 6DOF dynamics, but for integrates the initial spacecraft state to atmospheric exit and
the results of this paper onlyl30OF dynamics were used computes the capture orbital elements using the final
estimated state. If the eccentricity of the capture orbit is
The aerodynamics model used for the simulations wagegative, indicating a hyperbolic trajectory,ritte estimate
referenced from the Pioneer Venus aerodatabase [14]. Ovgf the separation time is increased in increments of 1.0 sec
the range of high Mach numbers seen in the aerocaptuigil the apoapsis altitude exceeds the target by a specified
simulations, the Pioneer Venus axial aerodynamic coefficientiaximum tolerance. Then, the separation time is adjusted
was a constant value of 1.08lthough the Pioneer Venus using smaller time steps of 0.1 sec. If the apoapsis altisude
aerodynamic model provided a set of moment coefficientghove target altitude then the separation time is increased,
allowing for the computation of -BOF dynamics, for and if the apoapsis altitude is below the target then the
simplicity it was decided that a drag only model wasseparation time is decreased. A solution is reached when the
sufficient at this stage of the study. Because the spacecrafélta between the estimated and target altitude is within the
cener of gravity is aligned with the spais, the expectation  specifiedminimum tolerance.
is that the capsule will trim about a zero degree angle of attack
during aerocapture. Therefore, the assumption was that

6

Time from Probe Release to Entry [day]
EFPA 3-Sigma Uncertainty [deg]

Modeling Overview



The selection of minimum apoapsis tolerance varied p passasassnannas oo
depending on the selection of target orbit apoapsis altitude, | L NPc Density Scale Factor [
with the 2000 km target apoapsis tolerance set to 50 km and
the 35000 km target set to 150 km. In addition, a tolerance on
the rate of change of apoapsis had to be implemented in order
to stop the iteration when a solution could not be reached
within the specified tolerance. Lastly, a maximum separation
time constraint of 200 sec had to be enforced for cases that
were unabled find a solution. For the purposes of this study,
an iterative approach to the solution of the target apoapsis
was chosen over a faster method such as the bisection Wi
method. This option was selected due to the percentage of : o
cases (< 5%) for which convergenon the target apoapsis '

was not possible. In dispersed shallow entry cases where the o5

0.85 09 0.95 1 1.05 11 115 12

apoapsis altitude solution was much higher than the target, Density Ratio [Perturbed/Mean]

the estimated solution reached an asymptote whereby no Figure 8. DSENDS VenusGRAM Perturbed Density
upper bound on the solution could be determined. The  profile and NPC Filtered Density Scale Factor
bisection method requires both an upper and lower bound on

the solution to converge, and therefore ~5% of the cases
would not have had a solution if the bisection method was
employed. The iterative method allowed for the inclusion of 1
results foirblaed® beasdgt wroes or bi
target apoapsis could not be reached. A more flight
solution solver will need to be employed in future
simulations.
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Atmospheric Density Estimation
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In order to account for uncertainties in the atmospheric

density encountered in VenusGRAM or in the actual .

atmosphere on the daj-flight, a density scale factor is

estimated for use in the NPC algorithm. The current density Sl AU s Wi sbeiion i),

is estimated using the IMU accelerations and navigation Velocity [mis]

velocity using the formulation descrithén Reference 5. The . . . )

density scale factor is computed by dividing the estimated Figure 9. Nominal Aerocapture Trajectory Altitude vs
density by the nominal density read fYWOH t he 6onboardo t :
A low pass filter is used to reduce noisy atmospheric data anthe maximum aerodynamic deceleration for the nominal
computes a density that is more representatiih®fmean  trajectory was8 g. The optimal time for drag skirt separation
value of the previous several simulation cycles. computed by the NPC algorithm was 98.7 sec, occurring

) ) o o approximately 5 seconds after peak deceleration.
A dispersed VenusGRAM density profile is shown in Figure

8 along with the NPC derived density scale factor. The filter 1o
provides a good balance between reducing noise and
capturing short period deity changes. Although the

application of the density scale factor improves the estimate
of current dispersed density, after the drag skirt is separated <,
there is no longer any control available to manage the
atmospheric uncertainties. Following drag slseparation o 10 20 30 400

»

»

140

Altitude [km]
8
Inertial Flight Path Angle [deg]
LA N o

&

0 100 200 300 400
the stochastic noise or short period density changes will cause " om Erimertees Seconds from Entry Inertace
the atmospheric trajectory uncertainties to increase. 2 100 o %

T E
s e 855
Nominal Trajectory Overview $ w B
8 2 8s
. . . . . 2 4 S
A plot of the nominal trajectory is shown in Figures 9 and 10 £ L
. s 20 3
for an entry velocity of 11.0 km/selay/b1= 7.5, and EFPA = £ g
-5.45 deg, targeted to an apoapsis altitude of 2000 km. The < " w 20 w0 w0 "o w0 0 w0 4o
Seconds from Entry Interface Seconds from Entry Interface

spacecraft reduced its approach velocity to below 7.7 km/sec,
reaching aninimum altitude of 100 km. Figure 10. Nominal Aerocapture Trajectory for Target
Apoapsis = 2000 km



Monte Carlo Simulation Inputs Table 2. Summary of Monte Carlo Inputs

) ] ] o Parameters Nominal Dispersion
The Monte Carlo simulations includes uncertainties due to Number of Cases 8000
entry state, aerodynamics, atmosphere, and sensors. Antegration speed 10 Hz
summary of the Monte Carlo simulation inputs and Vehicle Before Sep
uncertainties is shown in Table 2. For each Monte Carlo, theMass, kg 68.22 Perfect
ballistic coefficienb prior to drag skirt separation was 38.12 Area, nt igg% »
kg/m? and the ballistic coefficienb, following separation ' 5% 3s
; : _ b1, kg/m? 38.12
was 284.9 kg/rhequivalent to a ratib,/b; = 7.5. There were .
di d di h of th | Vehicle After Sep
8000. ispersed cases used in each o the Monte Carlo UNRrass, kg 36.82 Perfect
described in this paper. Area, n? 0.1257 -
_ _ . cd 1.0284 5% 3s
A +/-5% 3s uncertainty was applied to the drag coefficient , kg/r? 284.91
before and after drag skirt separation. This level of py $ 7.47
uncertainty is typical of ballistic entry vehicles used on flight Nose Radiusm 0.10

missions such as MER and Phoenix. The assumption is thaTarget Conditions
computational fluid dynamic§CFD) analysis and ballistic ~ Apoapsis Altitudekm 2000.00
range testing will have been performed in order to havePeriapsis Altitudekm 200.00
confidence to +/5% uncertainty. Entry State

Entry Velocity, km/sec 11.00 0.5m/s 3s
The atmospheric density and wind dispersions wereEntry FPA deg -5.45 +-0.2 3s
generated using VenusGRAM. At each time step the!MU ] _
VenusGRAMmodel generates a dispersed value of densityﬁ""‘_S 9 ’ 0-052 3-s each axis
and winds that are within the model defined Bounds [17]: oise mis 3.7e%3-s each axis
Scale Factor 3.0e* 3-s each axis
— Mechanical
GRAM Outpgt value = mean value + Iarg_e scale Mass properties Perfect knowledge
perturbations + small scale perturbations Deploy Time sec 0.10 -0.05 to 0.2 sec
uniform
where the large scale perturbations are variations in thegnvironmental
profile over the entire range of altitudes for the trajectory Density and Wind VenusGRAM 3s
latitude and small scale perturbations are stochastic noisa/enus Gravitym3/s? 3.24859¢* -
applied at all altitudes along the trajectory. Although the Sun Gravitym®/s? 1.32712¢° On

noise perturbations are random, they are correlated across

several time steplinking the variations to past _dispersio_ns. Uncertainties in IMU noise, bias, and scale factarav

A plot of_the \_’e”“SGR’W Monte Carlo dens_lty and wind defined by the manufacturer of a potential IMahd
perturbations is shown in Figure 11, along ;]N'th the38/  ihcomorated into the simulation. The effects of IMU bias
boundaries provided by VenusGRAMThe density .\ ertemperature gradients were not included and will require

uncertainties range from -40% at the entry interfacd50 ¢ ther analysis. No uncertainties in IMU mounting location
km altitude, to +25% at the drag skirt separation altitude Ofand alignment were included

100 km.

- VenusGRAM Danaity Purturbations .

There were no dispersions on mass or center of gravity. It wi *
assumed thaby dayof-launch, the spacecraft would have =
been weighed with the equivalent accuracy of previoghtfli  :
missions and therefore uncertainties would have a negligibl *..
contribution to trajectory dispersions.

T

The estimated time needed for the drag skirt to separate fro ™
the spacecraft was uniformly dispersed from 0.05 to 0.z -
seconds. This includes both ttime for the mechanism to -
separate the drag skirt and the time for the drag skirt tc =
physically distance itself from the capsule body. The nomina :~
separation time and uncertainties were estimated usin{”
analytical kinematics. Future separation modeling will
incorporate CFD simulations results.

—— DSENDS Monte
Carlo

VenusGRAM Mean,
+/-3-s Boundaries

Wit Soews North [

Figure 11. VenusGRAM Monte Carlo Dispersions



Navigation uncertainties included EFPA dispersions ef +/Cases where the NPC predicted apoapsis error was much
0.2 deg 3s and entry velocity dispersions of 0.5 m/s. The +/ larger than the target 2000 km were shallow entry cases that

0.2 deg flight path angle dispersions were deigethtobe  were unable to reach a solution within the specified tolerance
within the capabilitiesof previous flight systems such as b
MSL. Perfect knowledge of the navigated state was used in
the NPC algorithm.

Monte Carlo Results of Varying EFPA Error

Monte Carlo simulations were performed using varying
levels of EFPA ermo in order to assess entry corridor
targeting capability. A summary of the Monte Carlo results
for a capture orbit apoapsis altitude of 2000 km with EFPZ
dispersions varying from +0.1 to 0.4 deg-3 are shown in

Table 3. The success rate of each Moraddwas based on

the percentage of cases out of 8000 that met desire
requirements. If the capture orbit altitude aigesis was less

than zero km the the spacecraft was expected to have
crashed into the planet. For cases that captured into a ve
low periapsis altitude (< 90 km), then a maximum 0.75 k¢
fuel allocation to perform the periapsis raise maneuver wa

ut were still able to capture into a high apoapsis orbit.

4000

. Apoapse Error Actual
O  Apoapse Error Predicted
.

3000

2000 -

Apoapse Error From Target [km]

-2000 -

-3000

-4000

5.8 5.7 5.6 5.5 54 5.3 5.2

Entry Flight Path Angle [deg]

the limiting success criteria. Lastly, a peak heating rat
requirement of 1 kW/chwas imposed by the heatshield Figure 12. Apoapss Error, NPC predicted and Actual
design. vs. Entry Flight Path Angle

Less than 1% of theases crashed into the planet for EFPAFigure 13 is a plot of the predicted and actual apoapsis error

di s per s0.3dags3s. Cessithan 2% of the cases failed as a function of drag skirt eject time. There were a few

due to peak heating r-##degf bundred Eases wheres thee drag iskirh gectdimer was the

3-s. As the EFPA error increased, a higher percentage of theaximum allocated ZDsec, These cases corresponded to the

steeper dispersed entry trajeq';@erfailed either by crashing shallow dispersed entry cases for which the NPC was unable

into the planet or by failure of the heatshield. to find a solution within tolerance. In general, cases with
early drag skirt eject times had larger apoapsis errors due to

Success criteria for the cases that captured into orbit weraore time being spent within thenadsphere without the

categorized by the error in the apoapsis altitude relative to tHeenefit of the drag skirt to control atmospheric uncertainties.

target altitude of 2000 km. The desired requieatrwas that Shallower entry trajectories require the drag skirt to remain

the apoapsis altitude error was less tharb®0 km for 80%  attached for a longer periaaf-time, thus reducing apoapsis

of the cases and less than #0000 km for 90% of the cases. altitude errors. However, a limit is reached whkbere is not

Therefore, it was determined that the maximum allowablea sufficient amount of drag on the vehicle to accumulate the

EFPA error to satisfy all requirements wasG:2 degrees-3  desired amount of dekato capture into the target orbit, as

S. is shown for the cases where the predicted solution did not
achieve the target capture orbit apoapsis.

A plot of the NPC predicted and actual apoapsis error is

shown in Figure 12 as a function of EFPA for the case with

+/- 0.2 deg 3s uncertainty. Cases with apoapsis altitude error

of approximately2000 km have failed to reach capture orbit.

Table 3.Monte Carlo Success Criteria (#Cases out of 8000) for Varying Entry Flight Path Angle Error

EFPA # Cases | % Cases| # Cases| % Cases| Apoapsis| Apoapsis| Apoapsis| Apoapsis| #Cases | % Cases
Error Altitude Altitude Fuel Fuel Error Error Error Error Max Max Heat
+/-deg | Periapse| Periapse| Used > Used > 95% 90% 90% 95% Heat Rate > 1.0
3-s <0.0km | <0.0km | 0.75 kg 0.75kg | Lowkm | Lowkm High High Rate > kw/cn?
km km 1.0
kwi/cn?
0.10 0 0.00 0 0.00 -449.4 -329.6 308.8 445.4 0 0.00
0.15 5 0.06 7 0.09 -527.4 -361.8 332.7 492.9 0 0.00
0.20 15 0.19 28 0.35 -608.3 -401.3 405.8 685.7 1 0.01
0.25 37 0.46 51 0.64 -700.5 -445.5 588.0 1419.4 6 0.08
0.30 59 0.74 78 0.98 -836.7 -506.0 1014.0 3867.6 25 0.31
0.40 173 2.16 203 2.54 -1102.2 -652.4 4334.8 12175.1 105 1.31
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Figure 13. Apoapsis Error, NPC Predicted and Actual

vs. Drag Skirt Eject Time Because higher target orbit apoapsis will naturally have

A summary of the Monte Carlo statistics for dispersed EFP,A\arge.r at;solute errors in kllomer:]ters of aIt|tgde, a better
+- 02 deg 3 is shown in Table 4. The 99% high criterion for comparlsorh)etv_veent e target orbits are given

' . : A asp rcent relative apoapsis errors with respect to the,target
decel eration was 1-0neBessgryfer. }fb\?/ i@g enl%s de a

S : ; ass n in"Figur :

the periapsis raismaneuver results in a fuel allocation of 0.6
kg, within the 0.75 kg used to size the fuel tank. The 99%
high stagnation point convective heating rate was 726.4
Wi/cn? and the integrated heat load was 74.1 k3/chhe
orbit inclination errors were minimal 8t04 deg.

Relative Apoapsis Error = (Apoapsis Altitude i
Target Altitude) / Target Altitude x 100%

Table 4. Summary of Monte Carlo Results E o ——oiew
Parameter Nominal | 90% | 95% | 99% & | \\ e
Peak Deceleration, g 8.36 10.13| 10.36 | 10.76 g \\

; g 20 \
Max Conv. Heating g b\
Rate, W/cn? 449.5 543.0| 603.1| 726.4 E " \\\\\’\
Integrated Heat Load, | 59 47 | 6348 | 66.82 | 74.13 - I e, o — ,
kd/cm 5‘1 0 545 5425 540 540 535 5325
i 5 e s |
Stagnation Pressure, 738 11.73] 13.49| 17.80 g I
kPa 2 10
Periapsis Raise Delta 2787 | 29.14| 29.78| 32.66 g //
V, m/sec <2 ’/f'
Periapsis Raise Fuel g |/
Used, kg 0.490 0.512 | 0.524 | 0.575 e 30’ /
Orbit Inclin, [deg] 0.000 0.026 | 0.030| 0.041 [ SRR FERARL ([, DU [N, W—— o—
0 5 10 15 20 25 30 35

Capture Orbit Apoapsis Altitude [1000 km]
Figure 15. Relative Apoapsis Error [%] vsTarget

Monte Carlo Results of Varying Apoap$arget Altitude Apoapsis Altitude

Monte Carlos were performed for capture orbit apoapsigs the target apoapsis altitude increases, the percent apoapsis
altitudes varying from 2000 km to 35000 km to determine theerror decrgeaseps Pﬁotted in Figure 16 is ’the dﬁehad timg P

impact on apoapsis targeting errors for higher capture 0rbi'[§r m drag skirt eject to atmospheric exit as a function of

The apoapse errors as a function of capture orbit are plott% pture orbit apoapsis. Because the amalioieleav needed

n Itz_lg_ure d1'4. Fc()jr ea:ch target apoapsis, _the target EFPA &5 capture decreases with increasing target apoapsis altitude,
oplimized In order o minimize apoapsis €errors. or eaC'ihe amount of time required in the atmosphere also decreases.
case, +/0.2 deg 3 EFPA dispersions were assumed. As therperefore, the benefit of less time spent in the atmosphere

target apoapsis altitude increased, it was necessary 10 Usfiowing drag skirt separation results in a reductiorthe
shallower EFPA tgets in order to minimize apoapsis offact of atmospheric dispersions.

altitude dispersions.
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given body geometries, TRAJ utilized entry velocity and

flight path amle to deérmine the optimum drag skirt eject

time of 92.5sec, which occurred at 99k4n altitude to result

wof |\ in a 200Gkm apoapsis orbifThese values differ slightly from

\ X those found with DSENDS and discussed in Section 5, but
¥ % they are within family.Figures I and 18show theTRAJ

"“‘\ o calculated acceleration on the vehicle and stagnation point
\ TS heating and pressure for the trajectory.

= e TRAJ are valid for continuum flowsThe aerocapture

350 T T T 3500

.
[mis]

Delta-V Captur

It should be noted here thilte use of heating correlations in

Time From Drag Skirt Eject to Atm Exit [s]

s ... VO trajectory at high altitude and low atmospheric density,
B s e F | combined with the relatively small nose diamevaH result
in the flow beingin the transitional regime and hence the
"5 s %0 °F 2 . % S heating predictions arexpected to be conservative.
Capture Orbit Apoapsis Altitude [1000 km]
Figure 16. Deltav and Time from Drag Skirt Eject to 10 ' ' | ’ ’ |
Atmospheric Exit vs Target Apoapsis Altitude o 9 |
8 °® ]
® i
6. HEATING ENVIRONMENT AND THERMAL % 6 1
PROTECTION SYSTEMS g °® ]
(7] 4 1
Heating Environment Overview i 3| Ty T ]
The heating environmentgere developed using the NASA E i ]
Ames 3DOF simulation cde TRAJ [B]. TRAJ is a 0 _ i~ | B
preliminary engineering software package intended as ¢ 0 50 100 150 200 250 300 350
design tool for spacecraft thermal protection systems. TRA. Time from Entry, s
combines a conventional -I3OF trajectory simulation Figure 17. Acceleration vs time for the aerocapture
module, an equilibrium thermodynamics module, a vehicle calculated with TRAJ
stagnation point convective and radiative heating module and
a onedimensional material thermal responsedule into a 400 10000
single framework.TRAJ can be used to calculate entry 350 9000
trajecories, aerothermal heating, and TRSckness and Stag Polng Heatfln 000
mass for both direct atmospheric entrydaaerocapture 300 Stag Point Pressure 000
simulations.Numerous generic shapes and actual planetary 3 ., _
probes are supportealong with arbitrary geometries defined = £
by external aerodynamic databasd$e user can simulate x 200 5000 &
entries at ¥nus, EarthMars, Titan, Saturn and Plut®he % 150 a000 £
software package is intended to simplify the Hiiglelity = 3000
process one would use to develop a detailed design of an 100 2000
entry vehicle, allowing the user to perform conceptual studies 0
that provide firstorder estinates of TPS requirements for 1000
proposed atmospheric entry or aerocapture missions as a o . 100 200 200 4000
function of material agh trajectory design parameselm RAJ Time from Entry (s)

allows for very rapid entry or aerocaptucalculations in Figure 18, Stagnation point heating and pressure vs time
order to characterize the design space and estimate the ¢o the aerocapture vehicle calculated with TRAJ
feasibility of a mission concept.

o ) ) Thermal Protection System Sizing and Options
Based on themission conceptlescribed earlier, an entry

velocity of 11 km/s and an EFPAf -5.5 degwas used in The TPS sizing module in TRAE FIAT [19], a one
TRAJ as the entrgondition at 15&km altitude.The vehicle dimensional fully implicit ablative material analysis tool.
was modeled as a 45 dgghere conwith a 0.1 m nose radius The boundary conditions, derived in the heatimagule were

and a 0.2m base radiussimilar noseto-base radius ratio to Used to size TPSBased on the fairly low (compared to
the PioneeVenus entry vehicle geometrickhe dragskirt ~ Pioneer Venus) peak values of the heat flux and the pressure
(also at 45 degextended the diameter of theitial entry ~ €xpected on the vehicle, low density Phenolic Impregnated
vehicle to 1.5m. The masses usddr the TRAJ ana'yses Carbon Ablator (PICA), or the conformal version of PlCA,
were 34.7kg for the spacecraft posgettison configuration ~C-PICA, couldbe used for TPS on the vehickgight proven

and 72kg for the prejettison configuration Starting with ~ PICA is processed using a rigid, brittle reinforcement,
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Fiberform®, while GPICA is processed ging a flexible The values in Tablé were determined for umargined
reinforcementThe processed-€ICA isrigid, however ihas laminar environmentsTypically, for an actual mission,

a much lowerhermal conductivity than PICAt also has a Monte Carlo analyses of the trajectory would be cuftad
much higher straito-failure than PICAallowing for direct  the 3sigma high heat flux trajectory (to determine which TPS
bonding onto moretructural materials thaRICA. C-PICA  materials to consider) and thesBma high heat load

is currently a TRL 5+ technology. trajectory to use for TPS sizinghe 3sigma high heat load
trajectory would then be evaluated with CFD code to
determine the umargned boumlary conditions ugk in
sizing. Margining would be added to those conditions to
account for uncertaties and unknowng:or this analysis, the
nominal, undispersed trajectory and resulting heating was
used for TPS sizing, leading to total unmaggimmasses of
PICA andC-PICA of 8.48 kg and 5.4%g. For mass and
design considerations, the masses and thicknesses were later
doubled to account for margins and uncertainties.

For sizing, the TPS was divided into three secitime nose,
the SmallSatflank, and thedrag skirt. The TRAJ stagnation
point heating and pressun@sre used for sizing the noJéne
TRAJ stagnatio valuesvere halved for the 45 dédigink and
drag skirt, based on CFD analyses 45 degspherecone
geometriesThe TPS thicknesses for the nose and flank of th
SmallSatwere deterrmed using the full heat puls€he TPS
thickness for the skirt was determinedngsonly the heating
up tojettisan, because it oglineeds to survive until that point.
The resulting environments and TPS thickness and mass on

each of the TB sections are shown in Table 5 7.NOTIONAL FLIGHT SYSTEM DESIGN
Table 5. Environments and TPS sizing results While it was not a focus of this study to depga complete
spacecraft design for a specific science mission conizept,
Nose | Flank (est) | Skirt (est) order to address the key mission risks identified in Section 1
Peak heat flux (W/cnf) | 383.30| 191.65 191.65 it was important taonstrain the potential mass and volume
Peak Heat Load (J/cnd) | 45179 29590 3840 of the flight system to be delivered by the aerocaptystem.
This was also necessary to confirm that the components
Peak Pressure (Pa) 8800 4400 3650 required to successfully execute a deep space SrhallSa
C-PICA thickness (cm) | 2.58 1.88 0.72 science mission could be accommodatedthin the
constraints of the aerocapture system.
PICA thickness (cm) 4.125 3.51 1.11
C-PICA mass (kg) 0.13 0.80 456 The layout of the internal components in tiational system
can be seen in Figure 19his shows the spacecraft that
PICA mass (kg) 0.20 1.45 6.83
Top View

Payload Volume

3
(10 cm? shown) Pyro Control

Star Tracker
IMU

Patch

EPS Board Antenna

Reaction

Wheel (x3) Avionics Stack

(Computer, Radio,

Bottom View ACS Electronics)

Circular Patch

Separation
Antenna Array Rollers (x3)
Thrusters (
Batteries p Isi
ropulsion
x11
(x11) Tank Heatshield
Structure
Ballast Mass TPS

Figure 19. Notional flight system internal component layout
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would exit the atmosphere and enter orbit. The drag skirt ieeatshield, and backshell, which are discussed in deiegl

not present, as it would have been jettisoned during the passSection 8.

through the atmosphere to provide control in targeting the

desied science orbit. A mass summary for the emiitional ~ While a specific science payload is ftluded at this time,

aerocapture fligt system can be seen in TableT@is mass Figure 19shows that there is space for an instrument of

summary reflects a fully margined system with contingenciea p pr oxi mat el y 10x10x10cm, or

applied to each subsystem, accounting for the early stage tHfat payload edctronics throughout the system. With more

this design is wrrently in andleaving roomfor generous detailed science and instrument requirements the entire flight

growth as the mission concept is refined further. All of thesystem can be optimized, but this demonstrates that the

prior simulation resultshownwere generatedith this fully =~ system can accommodate a number of CubeSat/SmallSat

margined massroviding conservative estimates. scale instruments that are currently being developed and
considered for mission corms such as imagers,

The flight systemwould have all of the components spectrometers, and field sensors

necessary to complete a deep space SmallSat science mission

successfully.The nose would contaia micrepropulsion 8. MECHANICAL SYSTEM DESIGN

system to perform the critical periapsis raise maneuver after ) )

aerocapture. The heatshieldbuid be jettisoned after ¢ >tructural Design and Analysis

maneuver to expose the thrusters. This systemidcalso  An aerocapture small satellite requires some unigue

provide 3axis control to desaturate reaction wheels. Also ilrmechanical design choices when compared to typical

the nose are Lithiuron battery cells to provide power to the SmallSats because it must survivesgmge through the

spacecraft during the approximately 24 hour coast phase aftaimosphere at hypersonic velociti€gincipally, the flight

jettison fom the host spacecraft, but before entering th@ystem must be packaged intce@moshelvith ablativeTPS.

atmosphere_ These batteriesoul continue to provide The side view in Figure 18hows how the heatshield of the

energy to the flight system during high power modesh as vehiclecould beconfigured. It is made up of @arbonfiber

telecommunication downlinkduring the orbital phase of the laminate structure wittC-PICA TPS, determined by the

mission. Thg would be chargedy solar cells analysis des;ribed in Section 6. _The drag skirt is composed
. _ of two aluminum facesheets with a honeycomb core to
Table 6. Notional flight system mass summary decrease mass while retaining stiffness. This structalsds
Mass Summary CIZE Conti;gencv IVII(I;V covered withC-PICA TPS.
F'Li';tlfgjtem 244_'79 gg:ﬁ: 3(2'17 Preliminary finite element analysis was conducted to assess
Spacecraft Bus 20.2 22, 24.6 the structural integrity of these systems. Under 20g max
Power 1.8 18% 2.1 deceleration, well ave the 11g maximum expectedritthe
C8DH 0.2 30% 0.3 analysisdescribedn Section 5, both the heatshield and drag
Telecom 1.9 15% 2.1 . . . .
SmETE 6.7 28% 86 skirt are expeted to remain structurally intact with Ordm
Deployment Mechanisms | 3.4 20% 4.0 maximum deflection. The first mode of the heatshield is
Thermal 1.8 25% 2.3 expected to be approximately 46 and the first mode of
Propulsion 14 20% 1.6 the drag skirt is expected to be approximately 69 Hz
GNBC 2.4 17% 2.8 9 p PP y -
Cabling 0.7 15% 0.8 . ]
Drag Skirt 22.0 41% 30.9 Separation System Design
Flight System (margined) 35.5 . .
Drag Skirt (margined) 31.5 Also important ér the success of the aerocapture system is
Margin _ 43% that the drag skirt separates accurately and cleanly during
?;:a';“s:fp‘;'l'l‘::it'°“ — atmospheric flight at the required time to target the desired
Propellant 13 science orbit. To ensure that the drag skirt does not recontact
Total Launch Mass 68.2 the spacecraft during tlseparation event, which could make

the spacecraft unstable, a rail and roller system was designed.

The alumhum hexagon structure that contains the avionicd "€ det.ail§ of thi_sﬁtem can be seen in Figure, SMherg th_e
and science payloagvould provide shielding from the drag skirt is depicteds it would be at the end of the jettison

radiation environmentSpace is aficated for a rathard ~ SVENt

computerand xband Irs radiq similar to whathas been  pq three rails would fit into rollers embedded in the walls of
flown on MarCO[20]. A circular patch array antenweould o hexagon structure, shown in Figure 19. Three NEA Model
provide a spaceefficient way to accommodate a system 9100 Hold Down and Release Mechanisms [21] hold the drag
capable of communicating through the Deep Space NBIWO girt onto the spacecraft. These release mechanisms are non
The attitude control systeimcludes three reactionheels for  pyro and low shok, which minimizes the risk of damage to
fine pointing control, a star tracker, and an IMU. Space is alsthe spacecraft components mounted close by. In the most
allocated for the necessary control electronics to control angbnservative case, each mechanism is expected to need to
activate the various separation mechanisms for the drag skitiold approximately 3.92 kilonewtons of force, well below
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